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TECHENICAL NOTE 3469

SUMMARY OF RESULTS OBTAINED BY TRANSONIC-BUMP METHOD ON
EFFECTS OF PLAN FORM AND THICKNESS ON LIFT AND DRAG
CHARACTERTSTICS OF WINGS AT TRANSONIC SPEEDS!

By Edward C. Poclhamus
SUMMARY

This paper presents a summary of the effects of plan form and thick-
ness on the 1lift and drsg characteristics of wings at transonic speeds.
The date considered in this summery were obtained during a transonic
research program conducted in the Langley high-speed T- by 10-foot tumnel
by the transonic-bump method in the Mach number range from 0.6 to 1.15.

The Reynolds numbers of the tests were generally less than 1 X 106. The
results Indicated that, for subsonic Mach numbers below the force breek,
theoretical lift-curve-slope calculations were in falr sgreement with the
experimenteal results, whereas 1n the supersonic range the theoretical
values were considerebly higher than the experimental values. Increasing
the thickness ratio caused rather large losses of 1ift in the transonic
speed range and increasing the sweep angle decreased these losses.
Decreasing the thickness ratio and increasing the sweep engle increased
the drag-rise Mach number end reduced the pressure drag. The sonic
pressure drag varied linearly with the 5/3 power of the thickness ratio
in accordence wlth the two-dimensionsl transonic similarity rule. The
effect of sweep angle on the meximum pressure drag could also be estimated
with good accuracy. In general, the drag due to lift was increased by
decreases In thickness ratio, increasses in sweep angle, and decreases in
aspect ratio.

INTRODUCTION

The National Advisory Committee for Aeronautics has been engaged
in a transonic research program which was recammended by an NACA Speclal
Subcommittee on Research Problems of Transonic Aircraft Design. As a
part of this program a systematic investigation of the effects of wing
thickness and plan form on the aerodynsmic cheracteristics in the tran-
sonic range has been conducted in the langley high-speed T7- by 10-foot
tunnel by the transonic-bump method. In order to expedite the publicetion

lsupersedes declassified NACA RM I51H30, 1951.
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of these data, the results for each wing were published separately and
little analysis of the data was made.

The purpose of this paper is to compare the resulfs obtained for
the various wings of the transonic program in order to determine the
effects of thickness and plan form on the lift and drag characteristics
of wings in the transonic speed range. It was also desired to determine
the extent to which the experimental results were predictable by avail-
able subsonic, transonic, and supersonic theories.

It should be pointed out that there are many shortcomings of the
transonic-bump technique used to obtain the results presented in this
paper. The Reynolds numbers are extremely low (see fig. 1), the span-
wise Mach number gradients rather large, and the flow 1s slightly curved.
However, the results are believed to give at least a qualitative indica-
tion of the type of compressibility effects that may be encountered in
the transonic speed range and fairly reliable indications of trends in
aerodynamic characteristics resulting from systematic changes in geometry.

SYMBOLS
Cy, 1ift coefficient
Cp total drag coefficient
CDo drag coefficient at zero 1ift
Do(max) maxinum dreg coefficlent at zero 1ift
Cp' sonic pressure drag -

(CD°(M = 1.0) CD°(M = 0.6))

‘ -
Cp'yay ~ meximum pressure drag (CDO(max) “Po(u = 0.6))

dreg due to 1ift (Cp =~

ACp ag due to ( D qu)
a angle of attack, degrees

A aspect ratio

A taper ratio
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RESULTS AND DISCUSSION

The results are presented in the form of lift-curve slopes (measured
through zero 1ift) and zero-1ift drag coefficients against Mach number
and drag due to 1ift against 1ift coefficient for several Mach numbers.
Complete detalls of the basic data are presented in references 2 to 1l
and are summarized in table I.

The present peper considers only wings having constant thickness
retios along the span. However, as an outgrowth of the originsl transonic
research program, an investigation has been made to determine the effect
of spanwise thickness variations on the serodynamic characteristics of
swept wings at transonic speeds and the results are presented in refer-
ence 12. Tnasmuch as reference 12 contains a rather complete discussion
of the results and includes comparisons with both the theoretical and the
experimental results for wings of constant thickness ratios, the results
are not reproduced here.

Lift

Effect of thickness ratio.- The effect of thickness ratio on the
variation of the lift-curve slope with Mach number in the transonic speed
range is shown in flgure 2. In addition to the experimental 1lift-curve
slopes, the theoretical criticel Mach numbers as estimated from refer-
ences 13 and 14 are presented as short vertlcal lines. Only the effects
of airfoll sectlon end wing sweep were considered in estimating the
theoretical critical Mach numbers since reference 15 indilcates that
aspect ratlio has a negligible effect in the aspect-ratio range (from 2
to 6) under consideration. Since the question of which sweep line is
most directly related to the compressibility effects, especlally for the
lifting case, 1s somewhat controversial, the sweep angle of the wing
reference line (quarter—chord line) was arbitrarily used to estimate the
effect of sweep on the critical Mach number.

The top part of flgure 2 shows the effect of thickness ratio on
unswept wings of aspect ratio 4. The results indicate that, a8 the
thickness ratio is incressed, the force-bresk Mach rnumber decresses as
would be expected from theoretical critical Mach number considerations.
However, it wlll be noted that the force-break Mach number occure at a
higher value than the theoretical critical Mach number. For the thilcker
wings there is a definite bucket-type variation of lift-curve slope with
Mach number beyond the force break with the loss of lift in the bucket
increasing with increasing thickness ratio. Although the 12-percent-
thick wing was not of the same airfoll series, it is felt that the effects
shown are due mainly to the meximum thickness ratic and not to the chord-
wlse thickness distribution.



NACA TN 3469 ' 5

In the middle and lower parts of figure 2 the effect of thickness
ratio on the variation of the lift-curve slope with Mach number for
450 sweptback wings of aspect ratios 4 and 6 is presented. The trends
with thickness ratio for the swept wings are similar to those for the
unswept wings, with the force break occurring somewhat beyond the theo-
retical critical Mach number and the loss in lift-curve slope in the
transonic range increasing with increasing thickness ratio. In general,
it can be said that, at moderate subsonic speeds, thickness ratio has
relatively small effects on the lift-curve slope and that increasing
thickness ratio reduces the force-break Mach number and increases the
loss in lift-curve slope (shock stall) in ‘the transonic speed range.
At the higher fach numbers, as the shock moves to the rear, lift is
recovered on the thick wings so that, in general, there is relatively
little effect of thickness ratio on the lift-curve slope.

Effect of aspect ratio.- The effect of aspect ratio on the variation
of the lift-curve slope with Mach number in the transonic speed range
is shown in figure 3. In addition to the experimental results, the
theoretical results obtained from references 16 to 21 are presented. The
upper part of the figure presents the effect of aspect ratio on the
characteristics of an unswept wing having an NACA g;hooh alrfoil section.
The experimental as well as the theoretical results indicate that, as the
aspect ratlo is reduced, the variastion of the lift-curve slope with Mach
number is decreased and, although the force-break Mach number is not very
well defined for the aspect-ratio-2 wing, it appears that reducing the
aspect ratio from 4 to 2 increases the force-break Mach number by epprox-
imately 0.05. In the low subsonic range the experimental results are in
fairly good agreement with the theoretical results; however, the experi-
mental lift-curve slopes rise more rapidly with Mach nmumber than do the
theoretical slopes. In the supersonic range the theoretical lift-curve
slopes are considerably higher than the experimental slopes. This differ-
ence is due, in part, to the fact that the theory is for infinitely thin
wings and it has been shown in figure 2 that the thinner the wing the
higher the supersonic lift-curve slope.

o In the bottom pert of figure 3 the effect of aspect ratio on a
35" sweptback wing having an NACA 65A006 airfoil parallel to the plane
of symmetry is presented. Although reducing the aspect ratio from 6 to
L reduced the magnitude of the 1lift-curve slope, 1t had very little
effect on the variation of the lift-curve slope with ifach number. In
the subsonic range the theoretical lift-curve slopes are somewhat lower
than the experimental results, whereas in the supersonic range the theo-
retical results are considerably higher than the experimental results as
was the case for the unswept wings.

Effect of sweepback.- The effect of sweepback on the variation of
the lift-curve slope with “fach number in the transonic speed range is
shown in figure 4. The top part of the figure presents the results for




6 NACA TN 3469

wings of aspect ratio l, taper ratio of 0.6, and NACA 65A006 airfoil
sectlons paerellel to the plane of symmetry. Also presented are the
theoretical results obtained from references 16 to 21 end the experi-
?ental r?sults obteined in the Langley 6-inch supersonic tunnel

ref. 22}.

The agreement between the experimental and theoretical lift-curve
slopes in the subcritical Mach number range is falr, with the experi-
mental slopes being somewhat higher. The higher experimental slopes mey
be due, in part, to the extremely low Reynolds nunbers of the tests. It
has been shown (see refs. 23 and 24) that, in the low Reynolds number
range, the lift-curve slope increases with decreassing Reynclds number.
The subsonic results indicate that, as the sweep angle 1s increased, the
varigtion of the lift-curve slope with Mech number decreases and the
force-break Mach number incresses. In the transonic speed range,
increasing the sweep angle eliminated the bucket-type variation of lift-
curve slope, which occurred for the unswept wing. In the supersonic range
the experimental results sppear to fair reasonebly well into the
supersonlc-tunnel results, and indicate, as does the supersonic theory,
that the variation ot lift-curve slope with Mach number decreases with
increasing sweep angle. However, the magnitude of the experimental
lift-curve slopes in the supersonlc range is consldersbly less than that
given by the theory, partially because of the fact that the wings were of
finlte thickness; whereas the theory 1s for infinitely thin wings. In
addition to the date presented, there are data availeble for a 35° swept-
back wing of A =14 see teble I); but, to avoid confusion between the
rather large number of cuxves, these date have been amitted from fig-
ure 4. The data for this wing, however, can be seen in figure 3.

In the lower part of figure 4 the effect of sweepback on the varia-
tion of the lift-curve slope with Mach number for wings of aspect ratio 6,
taper retlio 0.6, and NACA 65A006 sirfoil sections persllel to the plane
of symmetry is shown. Except for the fact that the lift-curve slopes
are somewhat higher because of the higher aspect ratio, the aspect-
ratio-6 dete indicete essentially the same effects of sweep as did the
aspect-ratio-4 data.

Effect of fuselage.- Although the preceding discussion has been

for wing-alone configurations, most of the wings have slso been tested
in combination with a fuselage with the wings positioned on the fuselage
so that the quarter chord of the mean aerodynamic chord was at the point
of meximum fuselage diameter. The addition of a fuselesge increased the
lift-curve slope in all cases except for the unswept wings where there
was no apprecisble effect. (See refs. 2 to 9.) However, there appears
to be no consistent trend of the fuselage effect on the lift-curve slope.
This ihconsistency may be due to the fact that, as the wing plan form
was changed, the position of the root chord with respect to the fuselage
elso changed or the fect that there was air leskage between the fuselesge
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and the bump surface. Even if the alr leakage did not alter the quali-
tative trends with wing geometry, it probably had a rather lerge effect
on the megnitude of the fuselage effect. A few general observatlions

can be made from the date, however. In genersl, the percent incresse

in the iift-curve slope, due to the fuselsge, appesred to increase with
wing sweep angle and ususlly was falrly constant with Mach number. For
the cases where there appesred to be a variation with Mach number, it

was usually an increase with increasing Mach nurber. The maximum incresase
obtalned was gbout 25 percent.

Critical and force-break Mach numbers.- Figure 5 summarizes the
effect of wing thickness ratio and sweep angle on the theoretical criti-
cal Mach number and the experimental force-break Mach number. The theo-
retical critical Mach numbers were estimated from references 13 and 1k
(effect of aspect ratio cen be neglected in range of aspect ratio under
consideration), whereas the experimentel force-bresk Mach numbers were
taken as the Mach mumber at which Clu was @ maximum. In the top part

of figure 5 the effect of thickness ratio is summarized for the unswept
and L45° swept wings. The results indicate that, as the thickness ratio
18 increased, the critical and force-break Mach numbers decrease. It
will be noted, however, that the force-break Mech numbers exceed the
theoretical critical Mach numbers by a,gproximately 0.04 for the unswept
wing and approximately 0.03 for the 45° sweptback wing.

The bottom part of figure 5 presents the effect of sweep angle on
the theoretical critical Mach mumber and the experimental force-bresk
Mach number for wings having NACA 65A006 airfoil sections parallel to
the plene of symmetry. The solid line represents the theoretical
vaerigtion of the critical Mach number with sweep angle whereas the symbols
represent the experimental force-break Mach mumbers. It will be noted
again that the force-break Mach number exceeds the critical Mach number
samevhat. However, when the varigtion of the critical Mach number with
swWweep angle was determined by using the force-break Mach number for the
unswept wing a8 though it were the critical Mach number, fairly good
egreement was obtained as indicated by the sgreement between the dashed
line (representing the modified theory) and the symbols. It therefore
appears that, 1f the force-break Mach number of an unswept wing is known,
the force-break Mach number for s swept wing having the same airfoil
section paraellel to the plane of symmetry can be estimated by the method
of reference 1&. It should be noted that the simple sweep theory as
indicated by the long- and short-dash line greatly overestimates the
effect of sweep on the critical Mach number. Based on the simple sweep
theory, which states that only the flow normal to the sweep line affects
the pressures, the critical Mach number is equal to the section eriticel
Mach number times the reciprocal of the cosine of the sweep angle for the
alrfoll section normal to the sweep line. The reason for the fallure of
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the simple sweep theory 1s that in the vicinity of the plane of symmetry
of a swept wing, and at the wing tips, the flow cannot conform to the.
cosine rule. ’

L1ft bucket.- In figures 2 and 4 it has been shown that some wings
are characterized by a bucket-type variation of lift-curve slope wilith
Mach number abhove the force break and it was noted that as the thickness
ratio was increased the loss In lift-curve slope in the bucket incressed.
It was also noted that, as the sweep angle was increased, the loss in
lift-curve slope was decreased. In .figure 6 the loss in lift-curve slope
in the bucket is plotted against thickness ratio (streamwise) for unswept
and 45° sweptback wings of aspect ratio 4. The loss in lift-curve slope
is defined as the difference between the maximum lift-curve slope and the
value at the bottam of the bucket divided by the maximum. The results
indicate that the loss in lift-curve slope lacreases approximately lin-
early with thickness ratio, wilith the unswept l2-percent-thick wing losing
about 45 percent of its meximum lift-curve slope and the 45° sweptback
l2-percent-thick wing losing sbout 40 percent. It should be remembered
that the thickness ratios are in the stream direction and, therefore,
the effectiveness of sweep in reducling the loss of 1lift is somewhat less
than would be obteined 1f the sweep hed been produced by rotation. so
that the thickness ratio normal to the sweep line was constant. It
should also be péinted out that the Mach number gradient over the tran-
sonlc bump could modify somewhst the magnitude of the 1lift loss; however,
it is felt that the results give at least a qualitative indication of
the effect of thickness and sweep on the loss of lift-curve slope.

Drag at Zero Lift

Effect of thickness ratio.- In figure 7 the effect of thickness
ratio on the drag at zero 1lift is presented for unswept wings of aspect
ratio 4 and 45° sweptback wings of aspect ratios 4 and 6. The results
indicate that, as the thickness ratio is increased, the drag rise occurs
at a lower Mach number, is steeper, and rises to a higher value. It will
be noted .that the wings are not all consistent with regard to alrfoil
section; however, it is believed that the differences in drag cheracteris-
tics are due mainly to the meximum thickness retio and not the chordwise
thickness distribution.

In the top part of figure 8 the pressure drag for wings of aspect
ratios 4 and 6 at & Mach mumber of 1.0 is plotted agalinst the transonic-~
similarity-rule thickness parameter. (See ref. 25.) The pressure drag
at a Mach number of 1.0 was assumed to be the difference between the
total drag at a Mach number of 1.0 and the total drag et a Mach number
of 0.6. The results indicate that, for wings of moderate aspect ratio,
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the sonic pressure drsg varies fairly linesrly with ('l:/c)5/3 even for

the swept wings, although the theory is for two-dimenslonal unswept
wings. It will be noted, however, thet when the sweep angle was increassed

to 45° the vaeriation of pressure dreg with (t/c)5 3 decreased. In the
bottom part of figure 8 the experimental effect of aspect ratioc on the

variation of sonic pressure drag with (t/c)5/5, as determined fram
references 26, 27, and 28, is presented for unswept wings having NACA
65-0XX ailrfoil sections. Also presented is the result of the present
tests end it will be noted that the pressure drag of the present tests

is somewhat higher than that obtained fram references 26, 27, and 28.

The difference in drag msy be due to the extremely low Reynolds number

of the present tests or wing-fuselsge Interference which might be present
in the date of references 26, 27, and 28. Although it is for a different
type of airfolil section, the theoretical result of reference 29 is pre-
sented since it is one of the few sonic solutions availeble.

Effect of sweepback.- The effect of sweepback on the drag at zero
Lift is presented in figure 9. As the angle of sweepback is increased,
the drag rise becomes less steep and begins at a higher Mach number
because of the effectiveness of sweep in reducing the pressure drag. No
transonic theorles appear to be avallsble to predict the effect of sweep
on the drag at zero 1ift. However, the maximuum pressure-drag coefficient,
which usuelly occurs in the transonic range, has been found to decrease
by the bth power of the cosine of the sweep angle (ref. 30) when the
thickness ratio is constant in planes normal to the sweep line (sweep
obtained by rotation). The wings of the present paper, however, were
swept by shearing the sectlons back, and the thickness ratio is therefore
constant in planes parallel to the plane of symmetry. Therefore, the
meximum pressure-drag coefficient of an unswept wing having a thickness
ratlo equal to the thickness ratio of the swept wing in = direction nor-
mal to the sweep line must be known before the meximum pressure-drag
coefficient of the swept wing can be estimsted. Figure 8 shows that the
pressure dreg for unswept wings at sonic speed is proportional to the
5/3 power of the thickness ratio and figure 7 indicates that the meximum
pressure drag for thick unswept wings occurs very close to sonic velocity.
Inasmuch as most swept wings are rather thick in the direction normal to
the sweep line, it appesrs that the relationship for the pressure drag
of unswept wings at the speed of sound can be used to estimate the maxi-
mum pressure-drag coefficient of sweptback wings. The expression for
the meximum pressure drag then becames

Cp' = K(—EZS—)5/3COSAA ' (1)

max CcOo8s A
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Where
&:l
K=——-.D_.
a(t)5/5
c
(for unswept wing having same aspect ratio as swept wing) end g is

measured parallel to the plane of symmetry. Figure 10 shows & comparison
of equation (1) with the experimental results obtained from figures 7

and 9. The top part of figure 10, using & value of 2.89 for K as
obteined from figure 8, presents the results for the aspect-ratio-4 wings.
The bottom part presents the resulte for the aspect-ratio-6 wings with

a value of 3.27 for K, obtained by correcting the value for the aspect~
ratio-4 wings of the present tests with aid of the aspect-ratio curve
presented in figure 8. It will be noted that the sgreement between
equation (1) and the experimental results is good for both the aspect-
ratio-I end aspect-ratio-6 wings. Inssmuch as there is very little
difference in the sweep of the reference line (quarter-chord line) and
the sweep of the maximum-thickness line, and since in the transonic range
the minimum pressure may not occur at the meximum thickness, the sweep

of the reference line was used. The good agreement, therefore, may be
due to the fact that the wings were not highly tepered.

Drag Due to Lift

Effect of thickness ratio.-~ The effect of wing thickness ratlo on
the drag due to 1ift is shown in figures 11 and 12. In figure 1l the
drag-due-to~1ift increment ACp 1s plotted asgainst 1ift coefficient for
unswept wings having aspect ratio 4 and thickness ratios of 4, 6, and
12 percent at Mach numbers of 0.70, 0.95, and 1l.15. The results indi-
cate that, at e Mach number of 0.T70, the drag due to 1ift lncressed as
the thlckness ratio was decreased, whereas at Mach numbers of 0.95 and
1.15 the reverse was true. In the lower right-hand part of the figure
the drag due to lift for a 1lift coefficient of 0.30 is plotted sgainst
thickness ratio for Mach numbers of 0.70 eand 1.15. Also presented are
the theoretical values for the condition of the resultant force acting

normal to the local relstive wind CLS/ﬂA and the condition of the
resultent force acting normal to the chord line Ci, tan a. It will be
noted that, st a Mach mumber of 0.70, there is a transition of the
experimental values fram Cp tan o to Clﬁ/nA as the thickness ratio

is increased from 4 percent to 12 percent. This transition msy be due
10 the fact that the thin wing, which has & relatively sherp lesding
edge, may lose (because of lesding-edge separation) & large part of its
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leading-edge suction. With zero lesding-edge suction the resultant _
forcé 1s normel to the chord line. At a Mach number of 1.15 it will be
noted that the drag due to lift ies equal to Cp ten a. This condition

is to be expected since these wlngs ere unswept and therefore have super-
sonic leadlng edges and can develop no leading-edge suction.

In Tigure 12 the drag due to 1lift is plotted against 1ift coefficient
for 45° sweptback wings having aspect ratio 6 and thickness ratios of 6,
9, and 12 percent at Mach numbers of 0.70, 0.95, and 1.15. As was the
case for the unswept wings (fig. 11), the drag due to 1ift at a Mach
number of 0.70 Increases with decreasing thickness ratio. AV & Mach
number of 0.95 the drag due to lift was greatest for the thickest wing,
whereas at & Mach number of 1.15 there was little effect of thickness
ratlio on the drag due to 1ift. In the lower right-hand part of figure 12
the drag due to 1lift at a 1ift coefficlent of 0.40 is plotted against
thickness ratio for Mach numbers of 0.70 and 1.15. As was the case for
the unswept wings, there is a transition from the resultant force acting
normal to the chord C;j ten o to the resultant force acting normal to

the local reletive wind CLe/nA as the thicknees is increased from 6 per-

cent to 12 percent. As mentioned previously, this transition may be

due to leading-edge separation on the thin wings. At a Mach number of

1.15 it will be noted, a8 would be expected, that these swept wings with
subsonic leading edges maintain same suctlon and do not have their resultant
forces normal to the chord as did the unswept wings (fig. 11).

Effect of aspect ratio.- The effect of wing aspect ratio on the drag
due to 1lift is shown in figure 13. The wings had aspect ratios of L and
2, were unswept, and had NACA 65A004 airfoil sections. The results
indicate, as would be expected, that throughout the Mach number range
investigated the aspect-ratlo-2 wing has considersbly more drag due to
1ift then the aspect-ratio-l wing. In the lower right side of figure 13
the drag due to 1ift at a 1lift coefficient of 0.%0 is plotted against
aspect ratio and compared with CLzlnA and O, ten o for Mach numbers

of 0.70 and 1.15. The results for a Mach number of 0.70 indicate that
the inclination of the resultant force approaches the normel to the
chord line Cg tan «. This inclination mey be due to a loss in 1eadgng-

edge suction due to leading-edge separation on these thin wings (4 per-
cent) with smell leading-edge radii. The results for a Mech number of
1.15 indicate, as would be expected’'since the wing has a supersonic
leading edge at this Mach nunber, that the resultant force is normal to
the wing chord line.

Effect of sweepback.- The effect of wing sweep angle on the drag due
to lift is shown in figure 4. In this figure the drag-due-to-1ift incre-
ment ACp is plotted asgainst 1ift coefficient for wings of aspect ratio L
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and taper ratio 0.6 with NACA 65A006 airfoil sections parallel to the
plane of symmetry and with sweep angles of 0°, 450, and 60° at Mach num-
bers of 0.70, 0.95, and 1.15. The results indicate that, at Mach num-
bers of 0.70 and 0.95, the drag due to lift increases as the sweep angle
increased, the drag due to lift of the 60° wing being about twice that

of the unswept wing. However, at a Mach number of 1l.15 there is very
little effect of sweep angle on the drag due to 1ift. The reason for the
increase in drag due to 1ift with sweep in the subsonic range is illus-
treted in the lower right-hand part of figure 14 where the experimental
ACp end the two theoretical curves -~ one for the resultant force acting

normal to the local relatlve wind CI? A and the other for the resultant

force acting normasl to the chord Cr, tan o - are presented for Cj, = 0.35.
Tt will be noted (M =.0.70) that, for the unswept wing, the resultent
force appears to be sbout halfway between the normal to the local rela~-
tive wind and the normsl to the chord line; therefore, the induced drag
depends not only on the induced angle but also on the geometric angle of
attack. Since a swept wing requires a higher angle of attack to support
a glven 1ift (see fig. 4), it follows that the induced drsg will increase
with sweep angle. The reason for the rearward inclination of the result-
ant force 1s probably caused, to a large extent, by leading-edge sepa-
ration on these thin (6 percent) wings with small leading-edge radii.
This lesding~-edge separation results in a loss of leading-edge suctlon
which corresponds to an increase in drag. With zero leading-edge suction
the resultent force i1s normal to the chord line (neglecting any separation
rearward of the leading edge) and the induced drag is glven by Cp, tan «.
It will also be noted on the plot of ACp against sweep angle (M = 0.70)
that the 60° wing spparently has lost more suction than the unswept wing.
This loss may be due to the fact that, according to simple sweep theory,
the 1ift coefficient based on the component of the dynemic pressure nor-
mal to the sweep line is important and this 1ift coefficient increases
with sweep angle for a constent wing 1ift coefficient, based on the free-
stream dynamic pressure.

A possible explanation of the fact thet the drag due to 1lift is
relatively independent of sweep angle at a Mach number of 1.15 can be
seen from the plot of ACp against sweep angle (M = 1.15) in the lower

right-hand corner of figure 1lk. It appears that the unswept wing has
lost a large part of its leading-edge suction due to the fact that at
this Mach number 1t has a supersonic leading edge. However, the swept
wings have subsonic leading edges and, therefore, retain a pert of their
leading-edge suction which results, for these particular wings at this
particular Mach number, in a rather flat curve of ACp against sweep

angle.
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Effect of fuselage.-~ The effect of a fuselage on the drag due to
11ft of a 45° swept wing of aspect ratio 4 with an NACA 65A006 airfoil

section paerallel to the plane of symmetry is presented in figure 15.
In this figure the drag due to 1lift ACp 1is plotted against 1lift coeffi-

cient for Mach numbers of 0.70, 0.95, and 1.15 for both the wing alone
and the wing-fuselage combination. It is interesting to note that the
drag due to 1lift of the wing-fuselage combination 1s consldersbly less
than that for the wing alone. This difference is due, at least in pert,
to the fact that on this relatively thin wing the drag due to 1ift is
dependent to & rather large extent on the angle of attack, end the addl-
tion of the fuselage increases the lift-curve slope and thereby reduces
the drag at a given 1lift coefficient.

CONCLUSIONS

A correlation, based on transonic-bump deta, of the effect of wing
thickness ratlio and plan .form on the 1ift and drag characteristics in
the Mach number range from 0.6 to 1.15 at Reynolds numbers generally

lower than 1 X lO6 Indicated the following conclusions:

1. In the subsonic range the theoreticgl results were in falr agree-
ment with the experimentsl lift-curve slopes below the force break, but
in. the supersonic range the theoretical results were considersbly higher
then the experimental results.

2. Increasing the thickness ratio caused rather large losses in lift-
curve slope in the transonic speed range and lncreasing the sweep angle
decreased these losses. The effect of sweep angle on the lift-force-
break Mach number could be estimated with a fair degree of accuracy by
utilizing critical Mach number theory.

3. Increasing the thickness ratio caused an earlier drag rise and
large increases in the pressure drag. The results indicated that, at a
Mach number of 1.0, the pressure drag was approximately porportional to
the 5/3 power of the thickness ratio.

k., Increasing the sweep angle increased the drag-rise Mach number
and reduced the pressure drag. The effect of sweep on the maximum
zero-1ift drag could be estimated fairly accurately by a previously
determined relationship.

5. In the subcritical Mach number range, decreases in thickness ratio
caused Increases in the drag due to 1lift, probably because of leading-
edge separation. However, in the supercritical range the opposite was
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generally true, with the undesirable effects of thickness on the 1lift-
curve slope being reflected in the drag due to 1lift.

6. Decreasing the aspect ratio caused increases Iln the drag due to
1ift throughout the Mach number range.

T. Increasing the sweep angle caused an increase in the drag due to
1ift in the subsonic range but had little effect at a Mach number
of 1.15.

8. The addition of a fuselage caused a reduction in the drag due to
1ift for cases where the lift-curve slope was increased by the fuselage.

Langley Aeronsutical Laboratory,
National Advisory Committee for Aeronautics,
Langley Fleld, Va., September 13, 1951.
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TABLE T
Summary of Wing Geometry
A A PN Section Rer Remarks
ﬂ 0 40 | o060 | 654004 2
ﬂ 0 40 | os0 | es4006 3
ﬂ 9] 40 | 100 0012 —
_ﬂl 0 20 | 078 | 654004 /0
é? 35 60 | 060 | 654006 4
ﬁ 35 | 40 | os0 | es4006 5 | Cp, presented in
reference 4
é? 45 60 | 060 | 654006 6
% 45 60 | os0 | 654009 7
% 45 60 | 056 | 6340i2 /7
j 45 | 40 | o060 | 654006 g |, presented in
i reference 6
/ 45 40 | 068 | 634012 //
/ 60 40 | os0 | 654006 9
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